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SUMMARY 

Measured pressure distributions on the forebody and afterbody of the Apollo 
reentry configuration along with schlieren photographs of the bow-shock-wave shapes 
and photographs of the afterbody tuft-flow patterns were obtained in the Langley hotshot 
tunnel. The investigation was performed for angles of attack of Oo and 33' at a free- 
s t ream Mach number of approximately 20 and a free-stream Reynolds number, based on 
maximum model diameter, of approximately 1 X lo5 in nitrogen. 

Afterbody pressure distributions and tuft studies for an angle of attack of 0' 
revealed that the flow remained attached around the model corner onto the afterbody and 
separated at a point where the ratio of the surface distance from the model axis of sym- 
metry to the maximum model radius (s/R) was approximately 1.4. 
result with those obtained at Mach numbers 8 and 13.8 in air showed a trend of rearward 
movement of the point of flow separation from s/R = 1.1 at Mach 8 to s/R 1.4 at 
Mach 20. The afterbody surface pressure in the attached flow region for  a 0' angle of 
attack was approximately three t imes the computed free- stream static pressure and 
approximately 30 percent greater  than the prediction of Prandtl-Meyer theory for attached 
flow. The afterbody surface pressure in the separation region was constant with the ratio 
s/R and was approximately 10 t imes tine free-stream pressure.  The tuft results indi- 
r z t 4  reverse flow in the separation region. For a 3 3 O  angle of attack, comparison of 
the afterbody pressure distribution along the most windward meridian with flat-plate 
results obt2ii;ned at a Mach number of 20 showed that the afterbody pressure distribution 
would probably compare favorably with that of a blunt-leading-edge flat plate having a 
leading- edge radius equal to the Apollo corner radius. Blast-wave theory adequately 
predicted the aiterbociy pressure d ish  ibiiiion zkng the mest min&mrd meridian. Differ- 
ences in the point of flow separation and the angle of flow separation between the present 
resul ts  for 00 angle of attack and those obtained at Mach 20 in helium showed that helium 
simulation of Apollo afterbody flow expansion characteristics in air or  nitrogen is not 
feasible for  this Mach number regime. 

Comparison of this  

* Title, Unclassified. 



INTRODUCTION 

One of the current reentry vehicles of interest, from both practical and academic 
standpoints, is the Apollo spacecraft. Although numerous aerodynamic investigations 
have been conducted on the Apollo configuration for  Mach numbers less  than 14 in air 
(refs. 1 to 8) and Mach numbers f rom 10 to 24.5 in helium (refs. 6, 9, 10, and ll), very 
little pressure data, particularly on the afterbody, have been obtained for the Mach 20 
regime in  air or nitrogen (ref. 12). The scarcity of Apollo data in the earth-entry 
regime simulated by the Langley hotshot tunnel and the possible existence of discrep- 
ancies between air or  nitrogen and helium results due to differences in specific-heat 
ratios in this regime led to t h e  plresect i ~ i e s t i g ~ t i s n .  
Oo and 3 3 O  angles of attack, includes measured forebody and afterbody pressure  distribu- 
tions, schlieren photographs of the bow- shock-wave shapes, and photographs of the after- 
body tuft-flow patterns on the Apollo configuration at a free-stream Mach number of 
approximately 20 and a free-s t ream Reynolds number, based on maximum model diam- 

Mach numbers f rom 6 to  20 in air and nitrogen and from 10 to 24.5 in helium for support- 
mounted and free-flight test  models is also included in the investigation. 

The iiivestigation, performed for 

eter,  of approximately 1 X 10 5 . A comparison of existing pressure data obtained at 

SYMBOLS 

The units used for the physical quantities defined in this paper a r e  given both in 
the U.S. Customary Units and in the International System of Uni t s  (SI). 
the two systems a r e  given in the appendix. 

Factors  relating 

a point of tangency of model corner with free-s t ream flow direction for  
= 0' (s/R = 1.077) 

D maximum model diameter 

M 1  free-stream Mach number 

NRe,D free-stream Reynolds number based on maximum model diameter 

P local measured pressure 

afterbody surface pressure  in separation region PS 

pressure at model stagnation point for a! = 0' Pt, 2 
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P1 

R 

r n  

S 

t 

V1 

Y2 

A 

calculated free-stream static pressure 

maximum model radius 

model corner radius 

model forebody radius 

distance along body surface from model axis of symmetry (fig. 2) 

elapsed tunnel run time 

free- stream velocity 

angle of attack (fig. 2) 

specific-heat ratio ahead of normal shock 

specific-heat ratio behind normal shock 

shock standoff distance at model stagnation point 

model afterbody angle (fig. 2) 

density ratio across  normal shock 

angular displacement with respect to vertical plane of symmetry (fig. 2) 

FACILITY AND APPARATUS 

Facility and Tests 

The Langley hotshot tunnel is a hypervelocity, arc-heated, biowduwii fzciliG-. As 
shown in figure 1, the major components of this facility include capacitor banks, an a r c  
chamber, a loo total-divergence-angle conical nozzle and test  section, a loo cone- 
cylinder diffuser, and a vacuum reservoir.  A more detailed description is presented in 
references 13 and 14. 

. 

A test-section free-stream Mach number of approximately 20 and a free-stream 
5 Reynolds number, based on maximum model diameter, of approximately 1 X 10 was 
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obtained for a nominal arc-chamber pressure of 600 atmospheres (61 MN/m2) and 
stagnation temperature of 3400° R (1900° K) with nitrogen as the test  gas. Tunnel 
calibration results a r e  presented in reference 14. 

Model and Support System 

The pressure model and support a r e  shown schematically in figure 2. The 4-inch- 
diameter (10.16-cm) model consisted of a detachable-spherical- segment heat shield 
(denoted in the present investigation as the forebody) in conjunction with a reversed 
blunt-cone afterbody with a 33O semiapex angle. The model was fabricated of fiber 
glass with a nominal wall thickness of 0.100 inch (2.54 mm). A side-mounted sharp- 
kzidiiig-edge sti.ui, inclined ai; an angie of 3'7" to the nozzle axis of revolution, supported 
the model. 

A s  shown in figure 3, eight pressure orifices having diameters of 0.040 inch 
(1.016 mm) were located on the model forebody; six of them were in the vertical plane 
of symmetry. The locations of the 17 afterbody pressure orifices (diameters of 
0.125 inch (3.175 mm)) are also shown in the afterbody development in  figure 3. Four 
of the orifices were located along the meridian at which @ = Oo. 

The model employed in the tuft study was geometrically identical (4-inch diameter 
(10.16 mm)) to the pressure model. It was a heat-transfer model being tested primarily 
for instrumentation evaluation and was supported by a solid steel 0.5-inch-diameter 
(1.27 cm) cylindrical sting inclined at an angle of 37O to the nozzle axis of revolution. 
The tufts were positioned along the meridian at which @ = Oo and their locations are 
shown in the afterbody development in figure 3. 

Instrum entat ion 

The short running time of the tunnel (approximately 0.1 second) and range of model 
surface pressures  to be measured (approximately 0.002 to  1.0 psia (14 to  6895 N/m2>) 
required fast- response, high-sensitivity pressure  instrumentation with minimum orifice- 
tube length. These conditions required miniaturized pressure  transducers that could be 
mounted within the model. 

The forebody surface and pitot probe pressure  measurements were made with 
double-coil, single-diaphragm, variable- reluctance, wafer-style differential p ressure  
transducers. (See refs. 15 and 16 fo r  description and theory of operation.) These meas 
urements were believed to be accurate to within *5.0 percent (refs. 13 and 14). The 
contamination t rap configuration illustrated in figure 3 of reference 14 w a s  employed to 
protect the forebody pressure instrumentation from flow contamination. 
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Afterbody surface static-pressure measurements were made with double-coil, 
single-diaphragm, variable-reluctance differential pressure transducers having a 
greater sensitivity and size than the wafer transducers. Geometric details of these 
pressure transducers a r e  presented in reference 17. Because of the low magnitude of 
pressure anticipated on the model afterbody, the transducer pressure ports were flush 
mounted to minimize lag in the measurements. 
for  which the same level of pressure was experienced, there was no significant lag asso- 
ciated with the pressure instrumentation. The afterbody pressure transducers were 
mounted on rubber and held in place by rubber grommets in  order  to reduce mechanical 
vibration effects. 

As shown in figure 7 of reference 17, 

The afterbody pressure transducers were calibrated while installed in the model; 
the transducers were referenced to an external vacuum source by employing the model 
and support interior as a vacuum manifold. Calibration procedure, including a typical 
calibration curve, is discussed in reference 17. The afterbody pressure measurements 
were believed to  have an accuracy of approximately *25 percent for the magnitude of 
pressures  measured. The variable reluctance transducers were excited by 5-volt, 
20-kilocycle ca r r i e r  amplifiers. The output signals from these amplifiers drove galva- 
nometers in a light-beam type of oscillograph. 

For the tuft study, strands of cotton string were positioned along the meridian at 
which @ = Oo on the afterbody surface (fig. 3). In an attempt to conduct an oil-flow 
visualization study of a very preliminary nature, a mixture of lampblack and vacuum- 
pump oil (2-ethylhexylsebacate) was  applied to the fiber-glass model. Movements of 
the tufts and the lampblack-oil mixture over the model surface during a tunnel run were 
photographed on 16-mm film at 4200 f rames  pe r  second. 

DATA REDUCTION 

The real-nitrogen data-redwtion program presented in reference 18 was  employed 
in the present investigation. The basic input data for this program a r e  the initial arc-  
chamber density, the arc-chamber pressure,  and the test-section stagnation pressure 
behind a normal shock. 
pressure  on the model was  approximately 20 percent higher than the simultaneously 
measured test- section pitot pressures ,  which were obtained with probes positioned 
within thc ca!ibrakd inriscid test cere 23 defined in reference 14. A probable explana- 
tion for the discrepancy between the model stagnation pressure and pitot pressures  is 
that the nozzle boundary-layer characterist ics were influenced by the relatively large- 
diameter blunt test configuration in that the model caused a thickening of the boundary 
layer such that the pitot probes no longer were within the test  core. Hence, the model 

For the present tests at an angle of attack of Oo, the stagnation 
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stagnation pressure was employed as the test- section stagnation-pressure input for  0' 
angle of attack, and the pitot pressure,  adjusted to  an equivalent model stagnation pres-  
sure  based on the 20-percent discrepancy observed for 0' angle of attack, served as the 
input pressure for 33' angle of attack. The validity of simplifying assumptions of this 
program and uncertainties associated with the computed free- stream flow parameters  
for the present test conditions are discussed in the appendix of reference 14. As in ref- 
erence 14, vibrational equilibrium nozzle flow was assumed in this investigation. 
Although the pressure ratios f o r  the present investigation were essentially constant with 
elapsed tunnel run time (ref. 13), the ratios were obtained every 10 milliseconds and 
time-averaged over the tunnel run. 

I 

RESULTS AND DISCUSSION 

Shock Shapes 

Representative schlieren photographs of the bow-shock-wave shapes for angles of 
attack of Oo and 33O a r e  presented in figure 4. At an angle of attack of Oo, the shock 
standoff distance at the model stagnation point predicted from reference 19 for the pres-  
ent density ratio p2/p1 of 6.8 was 5 percent l e s s  than the present measured shock 
standoff distance (average of standoff distances from three schlieren photographs). The 
results of 'reference 20, which a r e  applicable fo r  a wider variation in body geometry and 
angle-of-attack range than those of reference 19 (results of ref. 19 are applicable only 
for angles of attack less  than 25' for the Apollo configuration) predicted a shock stand- 
off distance 10 percent less  than the present measured value. For an angle of attack 
of 33O the findings of references 2, 9, and 20 show the stagnation point to  be located 
where the value of s/R is approximately 0.85. As discussed in reference 9, the move- 
ment of the stagnation point would be small fo r  the range of density ratios (4 to  6.8) and 
specific-heat ratios y2 (1.3 to 1.67) experienced in references 2 and 9 and in the pres-  
ent investigation. If the stagnation-point location is assumed to be at s/R = 0.85 f o r  
the present 33O angle-of-attack results, reference 20 predicted a shock standoff distance 
at the stagnation point 12 percent l e s s  than the present measured value. 

Comparison of bow- shock shapes obtained in the present investigation with shock 
shapes obtained on the Apollo configuration (scaled to  the present model) at a Mach num- 
ber  of 20 in helium (ref. 9) is made in figure 5. As expected from reference 21, the 
ratio of shock standoff distance to maximum model diameter at Oo angle of attack is 
greater for  the helium results. (The density ratio f o r  helium at a Mach number of 20 is 
0.584 times the present density ratio.) The measured ratio of shock standoff distance 
to maximum model diameter f o r  helium was approximately 1.48 t imes the measured 
ratio for nitrogen. This finding is within 1 percent of the prediction of reference 21 and 
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hence is within the reading accuracy of the present schlieren photographs and the fig- 
ures  of reference 9. 
shock curvatures a r e  similar over the forebody; however, at an angle of attack of 33O 
(fig. 5(b)), the shock curvatures diverge as the flow expands about the windward corner, 
with the nitrogen shock wave tending to lie closer to the body. 

Figure 5 shows that at angles of attack of 0' and 33O, the bow- 

Forebody Pressure  Distribution 

The forebody pressure distributions in the vertical plane of symmetry along with 
results from other investigations (refs. 1, 2, 9, 11, and 12) are presented in figure 6. 
Also shown are predictions obtained from modified Newtonian theory and from the theory 
of reference 19. The present forebody surface pressures of figure 6(a) are normalized 
by the model stagnation pressure and represent the average of results from three tunnel 
tests.  These data are in reasonably good agreement with the experimental results of 
references 1, 2, 9, 11, and 12. The theory of reference 19 for  72 = 1.3 gives a good 
prediction of the pressure distribution and follows the pressure decrease near the fore- 
body corner, which Newtonian theory does not do. This result  is expected since 
Newtonian theory cannot anticipate and account for  expansion around a corner. 

At an angle of attack of 33O (fig. 6(b)), the  forebody surface pressures  are normal- 
ized by the pitot p ressure  which is adjusted to an equivalent model stagnation pressure.  
With this correction, forebody pressure data for  an angle of attack of 33O (fig. 6(b)) a r e  
in  fair agreement with Newtonian theory and the findings of references 2, 9, 11, and 12; 
however, it should be noted that a smaller correction to the normalizing pressure,  cor- 
responding to a decrease in model influence on the boundary-layer characteristics, 
would tend to improve the agreement. 

Afterbody Pressure  Distribution 

Afterbody surface-pressure ratios for the meridian at which @ = 0' a r e  pre- 
sented in figure 7.  The data for Oo angle of attack (fig. 7(a)), represent the average of 
data from two tunnel tests. 

approximately three t imes the computed free- stream static pressure (indicated in 
fig. 7(a) by P ~ P ~ , ~ ) .  The afterbody surface pressure increases to  approximately 
10 t imes the free-s t ream static pressure between values of s/R of 1.34 and 1.69 and 
then remains constant over the rearward portion of the afterhndy. 
increase in pressure  between values of s/R of 1.34 and 1.69 is attributed to the separa- 
tion of the laminar flow, which remained attached around the model corner onto the after- 
body. The dashed line between the two foremost pressure measurements represents the 
estimated pressure  trend based on tuft results to be discussed in a subsequent section. 

For U" angle of attack (fig. 7(a)), the afterbody surface pressure at s/R = 1.34 is 

The threefold 
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___. .- witn the assumptions of isentropic expansion around the model corner and attached 
flow parallel to  the afterbody surface, two-dimensional Prandtl-Meyer theory (with 
correction for caloric imperfections) was employed to  calculate the afterbody surface 
pressure in the attached flow region fo r  an angle of attack of Oo. The flow-expansion 
angle was defined by the slope of the model surface at the sonic point (relative to  the 
free-stream direction) and the slope of the model afterbody. If it is assumed, as in 
reference 2, that the slope of the model surface at the sonic point is 45O, the calculated 
surface-pressure ratio as shown in figure ?(a) is approximately 30 percent less than 
the measured ratio at s/R = 1.34. By employing the measured pressure at s/R = 1.34 
and assuming an isentropic expansion and attached flow parallel to the afterbody surface, 
the sonic point was determined to  be at s/R = 1.011, which corresponds to a model sur-  
face slope at the sonic point relative to the free-stream direction of 39O. A flow separa- 
tion angle of 22O with the free-s t ream flow direction was computed from the measured 
afterbody surface pressures  in the separation region. 

The present resul ts  for 330 angle of attack are shown in figure ?(b). The local 
pressure is normalized by the pitot pressure which is corrected to an equivalent model 
stagnation pressure.  Also shown in figure 7(b) are two-dimensional blast-wave theory 
and unpublished data obtained by William D. Harvey on flat-plate models having leading- 
edge radii of 0.001 inch (0,00254 cm) and 0.4 inch (1.016 cm) in the Langley hotshot tun- 
nel at the same free-stream test  conditions as those of the present investigation. In the 
blast-wave theory, the Apollo model corner radius (rC = 0.2 inch (0.51 cm)) was  used as 
the thickness parameter and a value of 1.4 w a s  used for the specific-heat ratio ahead of 
the normal shock yl. The blast-wave theory adequately predicts the afterbody pressure  
distribution along the most windward meridian for the present range of s/R examined, 
as was observed in references 4 and 5. The Apollo afterbody surface pressure distribu- 
tion for 33O angle of attack and @ = 00 iss imilar  to that of the blunt-leading-edge flat 
plate, an indication of attached flow along the most windward meridian. Thus the Apollo 
afterbody surface pressure distribution would be expected to compare favorably with 
that of a blunt-leading-edge flat plate having the same leading-edge radius. 

(a/Ei; a r e  snown in iigure 8 for angles of attack of 0' and 33'. At an angle of attack of Oo 
(fig. 8(a)), the pressure ratio for s/R = 1.34 (attached flow) is essentially constant 
witn @. However, the data for  s/R = 1.69 indicate the possible existence of a pres- 
su re  relieving effect around the model with the pressure decreasing in the direction of 
the model support. This effect was also observd in  referexes 1 ;zr,d 2 a d  was believed 

to be due to  interference of the model support. It was noted in reference 2 that varia- 
tion in the side model support configuration produced no significant differences in pres-  
su re  level or variation of pressure with @. Although the model support of the present 

Circumferential afterbody surface-pressure ratios for several  afterbody stations 
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investigation w a s  constructed to produce low interference, the effect of its presence is 
not completely known. Figure 8(b) shows that at an angle of attack of 33O, the afterbody 
pressure decreases f rom a maximum value on the most windward meridian (@ = Oo) to 
a minimum value on the meridian at which @ = rt135, as expected. 

Afterbody Flow Pattern 

As discussed in the previous section, afterbody surface-pressure measurements 
for Oo angle of attack indicated that the flow separated between values of s /R of 1.34 
and 1.69. In order to determine the point of flow separation more accurately, a tuft 
study w a s  performed on the model afterbody along the meridian at which @ = Oo. This 
study was  conducted on a heat-transfer model (see "Model and Support System" section). 
The instrumentation leads which exit from the rear portion of the afterbody were 
assumed to have a negligible effect on the tuft results. 

The motion of the tufts, as recorded on 16-mm film at 4200 f rames  per  second, is 
presented in figure 9 for  two tunnel tes t s  denoted a s  A and B. 
16-mm film show that for both tunnel runs A and B, the three foremost tufts a r e  under 
the influence of a high surface shear and thus a r e  assumed to be in the attached flow 
region. Although the tuft adjacent to this first group indicates a slight rearward deflec- 
tion, the flow was assumed to separate upstream of this tuft at a value of s/R of 
approximately 1.4. The four most rearward tufts experienced a forward deflection, an 
indication of reverse  flow in the separation region. Reverse flow in the separation 
region w a s  also observed in references 2 and 5, at Mach numbers 8 and 13.8, 
respectively. 

Enlargements of the 

, 

The oil-flow technique was previously untried in the present facility and thus the 
results a r e  very preliminary in nature. The enlargements for tunnel run A (fig. 9(a)) 
show that the vacuum-pump oil and lampblack mixture flowed rearward with time, indi- 
cating that the flow remained attached to an afterbody station of s/R = 1.2. An attempt 
to  examine oil flow farther rearward on the model afterbody proved only partially suc- 
cessful (tunnel run B) and hence is not discussed. 

Comparison of Afterbody Results 

Figure 10 presents a comparison of the present afterbody pressure data wi l l  the 
data of other investigations conducted in air and nitrogen for Mach numbers 8 to 19 
(refs. - 2  7 4 - 7  E;, 6, 2nd 12) and i n  helium for  Mach numbers 10 to 24.5 (refs. 6, 10, and 11). 
The shaded symbols in figure 10 represent free-flight measurements presented in ref- 
erence 6. All the pressure  distributions presented in figure 10 a r e  along the meridian 
at which 6 = Oo. 
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At Oo angle of attack (fig. lO(a)), the afterbody pressure distributions of refer- 
ences 2, 4, 10, and 11 a r e  essentially invariant with variations in s/R for the instru- 
mented range of s/R, an indication that the flow separated upstream of the pressure 
orifices. The present data and those of reference 5, obtained in an arc-heated facility 
at a nominal Mach number of 13.8 in air, demonstrate a r i se  in afterbody pressure  ratio 
with an increase in the ratio s/R and thus indicate flow separation within the region of 
measurements. Oil-flow results of reference 5 revealed that the flow remained attached 
around the model corner to an afterbody station of s/R = 1.2. The findings of refer-  
ences 2 and 8 for  Mach numbers in air of 8 and 3.29, respectively, showed that the flow 
separated immediately downstream of the point where the model corner became tangent 
to the free-stream flow direction (s/R = 1.1). Thus, the results of references 2 and 5 
together with the pese f i t  resu l ts  s h m  thzt the poini of iaminar tlow separation moves 
downstream on the model afterbody as the Mach number is increased from 8 to 20. The 
trends of the free-flight data of reference 6 a r e  supported by the other data in fig- 
ure  lO(a), in that the values of the afterbody pressure ratio obtained in air o r  nitrogen 
are substantially higher than the values obtained in helium. However, for 33' angle of 
attack (fig. lO(b)), the pressure ratios obtained in air and nitrogen are in good agree- 
ment with those obtained in helium; these results also support the trends of the free-  
flight results of reference 6. 

Figure 11 illustrates the variation of the ratio of the afterbody surface pressure  
in the separation region to the free-stream static pressure with the free-s t ream Mach 
number for 00 angle of attack and a range of from approximately 1.3 to  1.67. The 
static-pressure ratio increases with increasing Mach number for air and nitrogen and 
for helium. This result is in accordance with the predictions of references 22 and 23 
concerning blunt axisymmetric bodies at hypersonic Mach numbers. The afterbody pres-  
sure  ratio i n  the separation region of the present investigation (y2 = 1.3) is approximately 
twice those of references 6, 10, and 11 in helium (72 = 1.67) for  a Mach number of 
approximately 2 0. 

y2 

As discussed previously, the present resul ts  for Oo angle of attack show flow sepa- 
ration to occur at a value of s/R of approximately 1.4. However, the Mach 20 helium 
results of reference 10 showed that the flow separated at a value of s/R of approxi- 
mately 1.1 for  Oo angle of attack. The computed local Mach number f o r  the present 
investigation at s/R = 1.34 and that for reference 5 at s/R = 1.2 were found to be 
equal to that for the helium investigation of reference 10 at the point of flow separation. 
However, the helium required an expansion angle only 0.69 t imes the expansion angle of 
the air and nitrogen flow to achieve this Mach number. Because of the differences in the 
point of flow separation and angle of flow separation with respect to  the free-s t ream 
direction between the present results and the Mach 20 helium resul ts  of reference 10, 
helium simulation of afterbody flow expansion characterist ics in air or nitrogen fo r  
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the Apollo configuration at Oo angle of attack is not feasible for the high hypersonic 
Mach number regime. 

CONCLUSIONS 

Measured pressure distributions on the Apollo reentry configuration along with 
schlieren photographs of the bow-shock-wave shapes and photographs of the afterbody 
tuft-flow patterns were obtained in the Langley hotshot tunnel. The investigation was 
performed for angles of attack of 00 and 33' at a Mach number of approximately 20 and 
a free- stream Reynolds number, based on maximum model diameter, of approximately 
1 X l o5  in nitrogen. Analysis of the results from the present investigation and com- 
parison with results from other investigations has led to the following conclusions: 

1. At an angle of attack of Oo for the present investigation, the flow remained 
attached around the model corner onto the afterbody and separated at a point where the 
ratio of the surface distance from the model axis of symmetry to  the maximum model 
radius (s/R) w a s  approximately 1.4. Comparison of this result with those obtained at 
Mach numbers 8 and 13.8 in air showed a trend of rearward movement of the point of 
flow separation from s/R = 1.1 at Mach 8 to s/R =: 1.4 at Mach 20. 

2. For a 33O angle of attack, comparison of the afterbody pressure distribution 
along the most windward meridian (@ = 00) with that from a flat-plate investigation at a 
Mach number of approximately 20 showed good agreement between the afterbody pres- 
sure  distribution of the Apollo model and that of a blunt-leading-edge flat plate having a 
leading-edge radius equal to the corner radius of the Apollo model. Blast-wave theory 
adequately predicted the afterbody pressure distribution along this most windward 
meridian. 

3. The present afterbody surface pressure in the attached flow region for  a 0' 
angle of attack was approximately three t imes the computed free-stream static pres- 
sure  and approximately 30 percent greater than the prediction of Prandtl-Meyer theory 
for  attached flow. The afterbody pressure was constant in the separation region along 
the meridian ai wiiicii + = u nn LZI~U - - - A  ----- w u u  - - n r n v i m o t n l y  uyr~vL-A-- - - - - -  In t imes  the free-stream pres- 
sure.  The tuft results indicated reverse  flow in the separation region. 

4. Discrepancy in  the point of flow separation and the angle of fiow separation 
between the present results at Oo angle of attack and those obtained at a Mach number 
cf 29 i:: !x!ium ch~~vec!  that hpliiim simulation of Apollo afterbody flow expansion char- 
acterist ics in air or nitrogen is not feasible for th is  Mach number regime. 

Langley Research Center, 
National Aeronautics and Space Administration, 

Langley Station, Hampton, Va., March 10, 1966. 
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APPENDIX 

P hy si cal 
quantity 

Length 

Pressure 

Temperature 

CONVERSION OF U.S. CUSTOMARY UNITS TO SI UNITS 

Conversion 
factor SI Unit U.S. 

Customary Unit (*I 
in. 0.0254 meters  (m) 

lbf/in2 

OR 0.556 degrees Kelvin (OK) 

6.895 X lo3 newtons/meter2 (N/m2) 

The International System of Units (SI) was adopted by the Eleventh General 
Conference on Weights and Measures held in Paris, October 1960 in Resolution No. 12 
(ref. 24). Conversion factors required for units used herein are given in the following 
table: 
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Figure 3.- Forebody and developed afterbody illustrating pressure-orifice and tuft  locations. 
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(a) a = 00. 

(b) a = 33O. 

Figure 4.- Representative schlieren photographs of bow-shock-wave shapes at M1 zz 20. L-66- 1105 
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(a) Tunnel run A. (b) Tunnel run B. 

Figure 9.- Tuft and oil-flw study at 00 angle of attack. M i  20. 
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Symbol Source gas - - -  
0 Present data N2 20 =: 0.1 x 106 1.20 0.050 

0 12 N2 Z 19.5 .07 1.20 .050 

0 2 A i r  8 1.36 1.20 .050 

h 4 Air 10 ,0125 1.25 .052 

0 5 A i r  13.8 ,035 1.20 .050 

1.20 .050 L 6 A i r  i4 ,0118 

+ 6 He 10 .36 1.20 .050 

h 6 He 15 1.15 1.20 .050 

n 10 He 20 1.85 1.20 .050 

6 He 21 .98 1.20 .050 

A 11 He 24.5 1.18 1.20 .050 
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? 

deg 
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(b) a =: 33'. 

Figure 16.- Comparison a! afterbody pressure distributions along meridian at which B = Oo. (Shaded symbols denote free-flight data, ref. 6.) 
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